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LOCAL FLOW FIELD AROUND A PYLON-MOUNTED DUMMY RAMJET ENGINE ON
THE X-15-2 AIRPLANE FOR MACH NUMBERS FROM 2.0 TO 6.7

By Frank W. Burcham, Jr., and Jack Nugent
Flight Research Center

INTRODUCTION

The National Aeronautics and Space Administration is engaged in the Hypersonic Re-
search Engine Program (ref. 1). An initial object of this program was to conduct ground-
based and flight tests on a hydrogen-burning ramjet engine over the Mach number range
from 3 to 8. It was originally planned that engine ground-based tests would be followed
by flights with the engine attached to the X-15-2 research airplane. In preparation for
these tests, the NASA Flight Rescarch Center conducted a flight program on the X-15-2
airplane with a dummy ramjet engine attached. The dummy ramjet had no internal air-
flow and approximated the external contours of the engine now under development.

The purpose of these flights was to determine the effect of the ramjet installation on
the stability and control of the X-15-2, to evaluate an ablative thermal protection system,
and to establish airplane performance as the X-15-2 speed envelope was extended. In
addition, flight measurements of the local flow conditions on and near the dummy ramjet
were desired for use in integrating the ramjet engine with the X-15-2.

Satisfactory design and operation of the hydrogen-burning ramjet engine requires
knowledge of the absolute values and extent of nonuniformity of the flow-field parameters
of the air entering the engine inlet. Flow-field parameters of interest are the ratio of
local to free-stream impact pressure, local flow angle, and Mach number. Knowledge
of these parameters helps to establish inlet and overall engine performance and to
assess possible effects of the engine operation on nearby portions of the airplane. It is
also important to know the magnitude and variation of impact and surface pressures on
the support pylon and surface pressures on the dummy ramjet. Knowledge of these
pressures permits an assessment of aerodynamic loads, interference effects, and heat-
ing rates.

This report provides flow-field measurements from three X-15-2 flights with the
dummy ramjet engine and from two earlier X-15-2 flights with an instrumented ventral
fin installed. Data are shown for Mach numbers from 2.0 to 6.7 and altitudes up to
102, 000 feet (31,000 meters). Airplane angle of attack varied from -1° to 12°, and
angle of sideslip ranged from -2° to 2°. Flight Reynolds numbers in the ramjet region
were from 20 million to 50 million, based on the 40-foot (12. 2-meter) distance from the
airplane nose to the ramjet spike, Data are compared with flow-field results obtained
from wind-tunnel tests (refs. 2 and 3), flight data from the basic X-15 airplane (ref. 4),
and theoretical calculations (ref. 5).



SYMBOLS

The units used for the physical quantities in this report are given in U. S. Customary

Units and parenthetically in the International System of Units (SI). Factors relating the
two systems are presented in reference 6.

Re

-Pp
pressure coefficient, =

o
maximum diameter of X-15 fuselage, 56 in. (142.2 cm)
geometric altitude, ft (m)

Mach number

Reynolds number

static pressure, 1b/sq ft (kN/sq m)

impact pressure (total pressure behind normal shock), 1b/sq ft (kN/sq m)

dynamic pressure, 0.7 sz, Ib/sq ft (kN/sq m)

longitudinal distance from airplane nose, in. (cm)

vertical distance down from lower-fuselage surface, in. (cm)
angle of attack, deg

angle of sideslip, deg

wedge half angle, deg



Subscripts:

1 condition upstream of local shock wave

2 condition downstream of local shock wave

l local condition

P reference impact pressure at pylon leading edge
R reference impact pressure at ramjet spike tip
sep separation

shock separation shock wave

P free-stream condition

TEST AIRPLANE AND DUMMY RAMJET ENGINE

The X-15-2 is a rocket-powered research airplane designed for flight to Mach
numbers approaching 8. The airplane was modified from the basic X-15 by adding a
29-inch (73. 6-centimeter) midfuselage extension and providing for jettisonable external
propellant tanks to increase the burning time of the rocket engine. Reference 7 provides
dimensional details on the basic X-15 airplane.

Figures 1 and 2 show, respectively, an in-flight photograph and a three-view
drawing of the X-15-2 with the dummy ramjet installed. Figure 3 shows the two test
configurations used to obtain flow-field data. As shown in figure 3(a), an instrumented
lower ventral fin was attached to the fixed ventral fin, Figure 3(b) shows the dummy
ramjet attached to the modified fixed ventral fin (hereafter referred to as the ramjet
pylon). The modification consisted of removing the forward part of the fin and replacing
it with an unswept blunt leading edge. A scale drawing of the dummy ramjet and ramjet
pylon is shown in figure 4.

The dummy ramjet was fabricated from a series of truncated cones as an approxi-
mation to the hypersonic research engine. It was about 7 feet (2. 1 meters) long and
2 feet (0. 6 meter) in diameter at the base, Two nose configurations were flown, as
shown in the photographs of figures 5(a) and 5(b). The dark band on the side of the ram-
jet in figure 5(a) was painted for optical tracking purposes.

For two of the flights, the X-15-2 pylon and dummy ramjet were coated with a
charring ablative heat shield (fig. 5(b)) for thermal protection at high Mach numbers.
Flight experience with this ablative coating is discussed in reference 8.

The smooth cylindrical surface of the lower fuselage of the X~-15-2 was interrupted
by a removable camera fairing installed for a hypersonic photography experiment
(fig. 2). Figure 6 shows a sketch and a photograph of the camera fairing, which is about
13 feet (4. 0 meters) upstream of the pylon. The maximum protuberance of the fairing
is 1.75 inches (4. 45 centimeters).



TESTS

The X-15-2 was air-launched from a B-52 airplane at a free-stream Mach number
of approximately 0. 8 and an altitude of 45,000 feet (13,700 meters)., The powered
acceleration was followed by a deceleration lasting from 3 to 5 minutes. During the
deceleration, the pilot performed longitudinal and lateral-directional maneuvers at
quasi-steady-state Mach numbers. The following table summarizes the maximum Mach
number and altitude conditions reached during the three flights with the dummy ramjet
and the earlier flights with the instrumented lower ventral fin:

X-15 flight | Maximum Maximum h_,

Flight designation M_ £t (m) Test configuration
A 2-44-79 5.43 100,000 (30,500) [Ventral probe on lower ventral fin
B 2-50-89 6.33 102,000 (31,000) |Ventral probe on lower ventral fin
C 2-51-92 4.72 96,000 (29,300) {Dummy ramjet engine with 20° nose cone
D 2-52-96 4,94 91,000 (27,700) |Dummy ramjet engine with ablative
coating and 20° nose cone
E 2-53-97 6.70 102,000 (31,000) |Dummy ramjet engine with ablative

coating and 40°-cone probes

Figure 7 shows the Mach number and angle-of-attack coverage for the test flights.
Above M__ =5.5, the test angle-of-attack range was limited.

Most of the data in this report were acquired during quasi-steady-state flight
conditions. However, unless disturbed by the pilot, the free-stream angle of sideslip
oscillated over a small amplitude range about a mean value with a frequency of about
0.5 cycle per second.

INSTRUMENTATION

Surface static-pressure orifices were located on the right side of the dummy ram-
jet and pylon at the positions shown in figure 4. Some of these orifices are also shown
in figure 5(b). All orifices were normal to the surface and flush with the metal skin.
When the ablative coating was applied, an insert of a higher density ablative material
was used at each orifice location to maintain a sharp-edged orifice at the outer surface
of the coating. The sharp edges of some of the orifices deteriorated during flight as
ablation occurred.

Figures 4, 5, and 8 show the impact-pressure probes installed on the pylon leading
edge. The probes were designed to extend through the pylon standoff shock wave except
near the ramjet, where the probes were shortened to measure pylon— ramijet
interference effects. A static-pressure orifice on the fuselage surface adjacent to the
pylon probes is also shown in figure 8.



A 20° nose cone (fig. 5(a)) was faired into the ramjet spike and flown on two flights.
Pressure orifices located as shown in figure 9 recorded pressures later used to calcu-
late local Mach number and flow angularity. For one flight, the nose cone was replaced
by a rake on which two 40° -cone probes were mounted (ref. 9). Figure 5(b) shows the
cone probes mounted on the ramjet spike, with the center cone on the ramjet centerline
and the lower cone 8 inches (20. 3 centimeters) below.

Most of the pressures were recorded on standard types of optical-mechanical
recorders by using either absolute or differential cells. An absolute reference pressure
was provided for all the differential cells. The pylon impact pressures and pylon and
ramjet surface pressures were connected to a 24-cell recorder. The ramjet nose cone
and the 40° -cone -probe pressures were recorded on airspeed/altitude recorders
similar to the 24-cell recorder but with higher resolution. The nose-cone impact
pressures were recorded on differential cells which were referenced to one of the cone
static -pressure cells. Tubing lengths from the pressure port to the pressure cell
varied from about 5 feet to 10 feet (1.5 meters to 3 meters).

For the two flights flown with the lower ventral fin instead of the ramjet, an impact-
pressure probe (fig. 3(a)) was installed on the leading edge of the ventral. This probe
used an unbonded strain-gage pressure transducer.

Free-stream impact pressure p; , angle of attack « , and angle of sideslip
loo 0 0

were obtained from the ball-nose flow-direction sensor, described in reference 10.
Free-stream Mach number M_, altitude h_, and static pressure p were deter-
o0

mined from a combination of sources, as described in reference 11.
DATA REDUCTION AND ANALYSIS

Shock-Wave Identification

Impact pressures from the dummy-ramjet pylon, spike, cone probes, and ventral
impact-pressure probe, and static pressures from the fuselage orifice were non-
dimensionalized by dividing by the free-stream impact pressure p, . Pylon impact-

pressure ratio was plotted against individual probe position. Fairiri?; of the pressure
profiles was aided by detailed inspection of the pressure-time traces. Abrupt changes
in the latter traces occurred at many times during the flights and were interpreted as
the passing of shock waves. These abrupt changes were shown as discontinuities in

the pressure profiles. With this technique, shock-wave location between adjacent pylon
impact-pressure probes was established.

In addition, the strength of the shock wave in terms of impact-pressure ratio across

i
the shock wave —p—2 was assessed by the size of the impact-pressure increment noted
i
on the pressure traces. In some instances pylon impact pressures near the ramjet
exceeded the pressure-cell ranges. These pressures are indicated by dashed lines
extending to the limit of the plot scale.



Impact-pressure traces for the dummy ramjet spike tip, cone probes, and ventral
probe also showed passing shock waves. Free-stream Mach number and angle of attack
for these occurrences were compared with the free-stream Mach number and free-
stream angle of attack for known positions of shock waves as determined from 0. 02-
scale-model X-15 wind-tunnel schlieren photographs such as those of figures 10(a) and
10(b) and from 0.0667-scale-model schlieren photographs such as those of reference 12.
By means of these comparisons, it was possible to identify the wing-leading -edge and
side-fairing shock waves and their variations with M_ and «_. An additional shock

wave identified from the flight data was found to originate at the camera fairing on the
bottom of the fuselage (fig. 6). This fairing was not on the wind-tunnel models tested
and therefore its shock wave is not seen in schlieren photographs.

Ramjet Flow-Field Parameters

Pressure data from the 20° nose cone and the 40°-cone probes were reduced by
using a digital -computer program. The results presented in this report are local Mach
number, impact-pressure ratio, and flow angularity. A wind-tunnel calibration of the
40° -cone probes (ref. 9) was available, but cone theory (ref. 13) was used for the 20°
nose cone. Reference 9 provides an example of the procedure used to convert the
pressures to flow-field parameters for the 40° —cone probes. A similar procedure was
used for the 20° nose cone.

Because of the long lengths of tubing connecting the cone orifices to the pressure
cells, there was a considerable pressure lag during transient flight conditions, particu-
larly in the static-pressure measurements. Consequently, the data were considered
valid only during quasi-steady-state flight conditions.

Data from the 20° nose cone were considered questionable at local angles of attack
in excess of about 3° and are not presented. It was believed that flow separation existed
on the leeward side of the cone, as discussed in reference 14.

An additional method of determining local angle of attack from wind-tunnel data was
used. The shock-wave angles from the dummy ramjet spike were measured on
schlieren photographs such as those of figures 10(a) and 10(b). By using the known cone
angle and an approximate local Mach number, the local flow angle o; was calculated.

Pylon and Ramjet Surface Pressures

Surface static pressure on the pylon and ramjet were converted to pressure

Pp-p
= u. These coefficients were referenced to a pressure
qoo piP ~ Ps
coefficient obtained from a local impact-pressure measurement CpP = ——T— or
Pi, —P oo
PR = _Rq_w . For the pylon, the reference piP was the impact-pressure probe
o0

immediately ahead of the row of static pressures. (See figs. 4 and 8.) For the ramjet-
body static pressures, either the 20° nose cone or the 40°-center-cone probe impact
pressure piR was used as the reference.

coefficients, that is, Cp

C



Flow-field data from wind-tunnel tests (refs. 2 and 3), a previous flight study
(ref. 4), and a theoretical study (ref. 5) were obtained for the basic X-15 airplane,
which is 29 inches (73. 6 centimeters) shorter than the X-15-2. To compare these data
with the present test results, the nose of the airplane was used as a common dimensional
reference. The survey stations for the data discussed herein are shown in figure 11.
The reference survey stations were all located upstream of the dummy ramjet and pylon.

ACCURACY

Pressure Measurements

The instrument error of the pressures recorded on the 24-cell recorder was
1 percent of full scale; for the airspeed/altitude recorders the error was 0.25 percent
of full scale (ref. 15). Because the cells were generally measuring less than full-scale
pressures, the full-scale errors resulted in the increased errors shown in the following
table for average flight conditions:

Percent Percent error,
Measurement Cell range error, average flight
full scale condition
Ramjet nose-cone impact pressure or | 0 to 4000 psfd 0.25 1.0
40° -cone -probe impact pressure (0 to 191 kN/m?)
_ . 0 to 2160 psfa
Ventral -probe impact pressure (0 to 103 kN/mz) 1.0 2.0
Ramjet nose-cone static pressure and | 0 to 2000 psfa 0.25 1.5
40° -cone -probe static pressure (0 to 96 kN/mz)
R 0 to 2000 psfa,
Pylon impact pressure (0 to 96 kN/mz) 1.0 1.0
- . +650 psfd
Pylon-surface static pressure (+31 kN/mZ) 1.0 4.0
ot N +650 psfd
Ramjet-body static pressure (£31 kN/mz) 1.0 5.0
- Stati +650 psfd
Fuselage-surface static pressure (231 kN/mZ) 1.0 3.0

Free-Stream Parameters

The errors in the free-stream parameters (refs. 10 and 11) are shown below:

Parameter Estimated maximum error
MmD +0.06
a +0.25°
By +0.25°%
i +1.0 percent
h +3 percent at M_ = 6.0
P, +2 percent at M_ = 4.65
+1 percent at M_ = 3.0

*Although the absolute error in B, is +0. 25°,
the incremental difference in g at consecutive
times is believed to be accurate to within +0. 1°.



Calculated Flow Parameters

Errors in the calculated flow parameters were determined by using the pressure-
measurement errors and cone-calibration uncertainties (ref. 9). By using the methods
of reference 16, the following estimated errors were obtained:

M Estimated error in -
o Ml @, deg B deg
3 +0.05 +0.5 0.5
4 +0. 07 +0.5 +0.5
4.65 +0. 16 +0.5 +0.5
6.5 +0.28 +0.5 +0.5

Local Mach number and flow angles were calculated from the 20° -nose-cone
pressure data by using cone theory (ref. 13). However, good agreement between the
20°-cone data and the calibrated 40° -cone data indicates that the theory applied to the
20° cone gave reasonably accurate results, at least for local angles of attack less than
3.

Pressure coefficients calculated for the pylon and ramjet surface pressures are
accurate to within about 5 percent of their absolute values, except when the values
approach zero. For a pressure coefficient of 0. 10, the error is 0. 005, whereas for a
pressure coefficient of 0. 02, the error is +0.003.

PRESENTATION OF RESULTS

Measurements made in the dummy-ramjet and pylon flow fields are presented as
follows:

Pylon flow field — Figure
Pylon impact -pressure data 12, 13, 14
Spike -tip shock-wave position 15
Pylon—fuselage interference flow 16, 17
Pylon surface static pressure 18

Ramjet flow field —

Shock-wave positions in the ramjet region 19
Impact-pressure ratios in the ramjet region 20, 21
Shock-wave strength 22
Shock~free corridor 23

Local flow angularity 24, 25
Local Mach number 26, 27, 28
Ramjet surface static pressures 29



DISCUSSION

Pylon Flow Field

Figure 12 presents impact pressure on the pylon leading edge as a function of free-
stream Mach number and angle of attack and probe position for g _ =0.5°. Figure 13

shows the effect of angle of sideslip on pylon impact pressure at M_ = 3.0 and o  =5°.

Discontinuities shown in the data fairings in both figures are due to shock waves imping-
ing on the pylon. The large changes in impact-pressure ratio evident in these figures
are conveniently analyzed by isolating three local probe regions on the pylon as follows:

1. Probes in the middle section of the pylon (usually 10 to 12 inches (25.4 to
30.5 centimeters) below the fuselage), relatively free of ramjet and fuselage effects.

2. Pylon probes near the ramjet which are affected by flow at the pylon-ramjet
intersection (z =13 to 16 inches (33 to 41 centimeters)).

3. Pylon probes near the fuselage which are affected by flow at the pylon—fuselage
intersection (z ~0 to 9 inches (0 to 23 centimeters)).

Middle section of pylon. — Under most conditions, the middle-pylon impact-pressure
ratios remain relatively free of pylon— ramjet and pylon—fuselage flow interactions.
Figure 12 shows that these pressure ratios increase with increasing angle of attack,
whereas figure 13 illustrates that these pressure ratios were independent of angle of
sideslip.

Impact-pressure ratios for a probe 10 inches (25. 4 centimeters) below the fuselage
surface are shown in figure 14 as a function of M_, and «_ . Good agreement with

wind-tunnel data is shown at « = 0° and 5°. The wing-leading-edge shock wave
impinges on the probe at about M_ = 5.4 and «, = 8°, causing the discontinuity in the

data fairing. This wing shock wave can be seen impinging on the pylon in the wind-
tunnel schlieren photograph of figure 10(b) and is observed in the pylon-rake impact-~
pressure data in figure 12(d). Wind-tunnel data were obtained upstream of the pylon
and therefore do not show the wing shock wave.

Pylon—ramjet intersection. — Figures 12 and 13 show that the impact-pressure
ratios obtained from the pylon probes near the dummy ramjet are higher than those in
the middle of the pylon. These probes are within the conical shock wave generated by
the ramjet spike tip. At Mach numbers of 4.0 and lower, the secondary shock wave
generated by the flare in the ramjet spike also affects the probes closest to the ramjet.
This spike-flare shock wave generates large impact-pressure ratios, as seen in
figures 12(a) and 12(b). At higher Mach numbers this shock wave was located between
the ramjet and the impact probe closest to the ramjet.

The position of the spike-tip shock wave on the pylon was a function of Mach number
and angle of attack. Figure 15 shows this shock-wave position as determined from
pylon-probe pressure data. At high Mach numbers, this shock wave is close to the ram-
jet, regardless of angle of attack. The prolonged impingement of both the spike-tip and

9



spike-flare shock waves on the pylon contributed to severe structural heating on flight
E. This is discussed in detail in references 17 and 18.

Pylon—fuselage intersection.— Probes closest to the fuselage often showed about
the same pressure ratio as that at the fuselage static-pressure orifice, which suggests
that the flow was separated. In addition, impact probes farther from the fuselage
showed abrupt pressure changes, indicating that a shock wave existed, Schlieren
photographs in reference 12 showed a complex flow region ahead of the pylon, A flow
model, based on wind-tunnel tests and the present flight data, helps to account for
these observed flow effects,

Flow model: Several wind-tunnel studies (refs. 19 to 23) have tested a flow configu-
ration consisting of a circular cylinder normal to a flat plate. This configuration
resembles the X-15-2 pylon—fuselage intersection. A flow model derived from these
studies and the flight results is shown in figure 16. The flow model shows a supersonic
flow and a turbulent boundary layer in front of the pylon. The boundary layer separates
ahead of the pylon and generates a separation shock wave which intersects the pylon
standoff shock wave. Physical parameters defined in the flow model are as follows:

Zsep postulated thickness of the separated region at the impact-pressure rake
Z hock distance from the fuselage to the separation shock wave
Pj
5_—2 impact-pressure ratio across the separation shock wave
11

The wind-tunnel tests had a uniform approach flow, no angularity effect, and a
well-defined turbulent flat-plate boundary layer. For the X-15 flight data, the approach
flow was nonuniform, with three-dimensional effects due to the cylindrical fuselage.
The boundary layer could not be defined easily because of protuberances such as the
camera fairing directly upstream of the pylon.

Figure 17 compares the impact-pressure data on a cylinder from reference 19 with
the X-15 data at a similar Mach number, Reasonable agreement in shock-wave location
and in impact pressure in the region outside the interference effect is shown. The
impact pressures in the interference region are somewhat lower for the flight data,
possibly because of different pressure-measurement locations. Wind-tunnel impact
pressures were measured at the cylinder surface, whereas in flight the impact-
pressure probes extended more than 3 inches (7. 6 centimeters) ahead of the pylon. In
addition, the three-dimensionality of the flow in flight would reduce the impact pressures.
The reasonable agreement between wind-tunnel and flight data indicates that the flow
model is valid for analysis of flight data.

Effect of a_: In order to analyze the data for the effects of «_  alone through the

Mach number range, a nominal angle of sideslip had to be selected. As discussed in the
TESTS section, B varied continuously over a small range during the flights. It was

observed that as B _ deviated from 0°, in either a positive or negative direction, the

impact-pressure probes near the fuselage showed steadily increasing pressures until 8_

10



reached approximately +0.5°. Further deviation in 8 beyond +0.5° resulted in only

small changes in the impact pressures. As a result, most of the impact-pressure data
obtained were equivalent to a nominal value of B, = +0.5°. This value was therefore
chosen for analysis.

Figure 12 indicates that increasing the level of «_ increases the impact-pressure

ratio for all Mach numbers. In figures 12(a), 12(b), and 12(c), the thickness of the
separated region Zsep and the distance from the fuselage to the separation shock wave

Zshock decrease with increasing angle of attack at a given Mach number. At @ =5°,

Zhook MOVes down the pylon as M_  increases from 3.0 to 4. 65. The data also show

Pj
that for @ ~5° the strength of the separation shock wave 5—2 decreases with
11
increasing Mach number. At Moo = 6.5 (fig. 12(d)) there is no evidence of the separa-
tion shock wave, but the wing-leading-edge shock wave is identifiable.

Effect of B_: The data of figure 13 were analyzed for the effects of B, with Moo
and «  fixed, Increasing f, from about 0° to about 0.5° steadily decreases the
thickness of the separated region Zsep and the distance from the fuselage to the sep-
aration shock wave Z hock' Increasing f_ also sharply increases the pressure-ratio

level for a particular probe near the fuselage but does not affect the strength of the

Pi
separation shock wave —2- Similar strong effects of 3, were noted at other Mach
numbers, 11

Separation and forebody effects: Flow near the pylon—fuselage intersection is
dominated by the separation region and the separation shock wave. Pylon impact-
pressure data show that the flow-interference effects at the intersection remained within
10 inches (25.4 centimeters) of the fuselage for all the flight conditions. The data of
reference 17 show that severe interference heating caused by the pylon—fuselage
interference flow extended about 1 inch (2. 54 centimeters) upstream of the pylon. This
heating caused complete erosion of the ablative coating on the fuselage and some
permanent skin buckling.

The sensitivity of the separation region to @ _ and g is believed to be due to the

X-15-2 forebody effects on the fuselage boundary layer. Thus, at low angles of attack
and B_=0°, the forebody boundary layer immediately ahead of the pylon tends to be

thick. Consequently, impact-pressure ratios near the fuselage surface are low. As
B, changes from 0°, forebody crossflow velocities are induced and reduce the

boundary-layer thickness ahead of the pylon. As a result, the pylon impact pressures
rise sharply as shown in figure 13, particularly for the third probe down from the
fuselage. A similar reduction of the boundary-layer thickness due to crossflow around
the fuselage occurs as angle of attack increases, as seen in figure 12.
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Pylon surface pressure. — Pylon surface pressure-coefficient ratios are plotted in
figure 18 for M_ =3.0, 4.65, and 6.5. Data were obtained for several values of «

for the X-15-2 both with and without the ablative coating. Newtonian theory (ref. 24) was
used to predict surface pressure-coefficient ratios for the pylon.

No effects of @ or the ablative coating were evident from the flight data. The

data near the leading edge of the pylon agree with Newtonian theory. An increase in
pressure-coefficient ratio is noted between the fourth and fifth orifices from the reference
probe. It is believed that shock waves originating at the leading edge of the landing skid
(fig. 3) and the ramjet spike shock cause the increase. Surface pressure measurements
on the unmodified ventral fin (ref. 25) also showed skid shock-wave effects.

Ramjet Flow Field

Shock -wave impingement in the ramjet region. — Figure 19 shows the combinations
of M_ and «_ where shock waves from the wing, camera fairing, and fuselage side

fairing impinged on four flight impact-pressure probes., Data from wind-tunnel schlieren
photographs are also shown. Reynolds numbers for the schlieren photograph data ranged
from 5 percent to 62 percent of the flight values.

In figure 19(a), the wing shock wave impinges on the ramjet spike tip at Mach
numbers less than 4 for the angle-of-attack range shown. Figure 10(a) shows an
example of this occurrence during wind-tunnel tests. The curve for the wing shock-wave
impingement on the ventral probe has the same shape as for the spike tip but is shifted
to higher Mach numbers because the ventral probe is farther downstream and closer to
the fuselage than the spike tip (fig. 11). The curve for the wing shock impinging on the
lowest pylon probe is shifted to still higher Mach numbers. Combinations of M__ and

o above the curve cause the wing shock wave to impinge on the pylon (figs. 10(b) and

12(d)); for flight conditions below this curve, the wing shock is incident on the ramjet
spike. Wind-tunnel schlieren photograph data show excellent agreement with the flight
data for all three impact-probe locations.

Figure 19(b) shows the location of the camera-fairing shock wave as detected at the
lower 40° cone, the spike tip, and the ventral probe. The trends shown are similar to
those of the wing shock-wave data. The ablative coating slightly changed the location of
the shock wave for the spike tip. The direction of the change is consistent with a
decreased shock inclination due to the increased protuberance of the coated camera
fairing.

In figure 19(c) above M__ =6.2 for a_ = 6° to 8°, the side-fairing shock wave

impinged on the lower 40° —cone probe but did not reach the center cone. Good agreement
with schlieren photograph data is again shown.

From figures 19(a) and 19(c), it is apparent that the Reynolds number differences
between wind-tunnel and flight tests did not significantly affect shock-wave locations in
the ramjet region.

12
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Impact-pressure ratio.— The impact-pressure ratio —ll is a flow-field parameter
1OO

of interest for ramjet performance and is shown for the ramjet spike tip and ventral

impact-pressure probe in figures 20(a) and 20(b), respectively. Wind-tunnel data

(ref. 2) and data obtained from theoretical calculations (ref. 5) are also shown, At

Mach numbers between about 2. 6 and camera-fairing shock passage, both figures show

the gradual increase in impact-pressure ratio at the higher angles of attack due to the

approaching camera-fairing shock wave. When the shock wave passes the spike tip or

ventral probe, impact pressure drops sharply.

For Mach numbers above that for shock passage, impact pressure is strongly
affected by angle of attack. Both figures show that at M__ = 6.5, a 1° increase in @__

increases the impact pressure by almost 10 percent for angles of attack greater than
5°. Spike-tip and ventral-probe data show good agreement with each other and with
wind-tunnel data at M_ = 6°. The theoretical values agree with wind-tunnel data at

o =0°, but predict lower impact pressures than either the wind-tunnel or flight data

at higher angles of attack. Disagreement between wind-tunnel data, flight data, and
theoretical values at M_ =4.0 and 4. 65 is attributed to the camera-fairing shock
wave,

Figure 21 shows the effect of fuselage station at o =2° on impact-pressure

ratios at the spike tip, ventral probe, middle pylon probe, and at an impact-pressure
probe flown on the basic X-15 in a previous study (ref. 4). The ratio 3 varies from
P
0. 18 to 0. 45, but the data of reference 2 show only small effects of % on FL in the
ieo
M, and @_ range covered. At M_ =2.0 and 6.0, impact-pressure ratio increases

with increasing %, with the increase being much larger at M_ = 2.0,

Pi
Shock-wave strength.— A direct measure of shock-wave strength is the ratio —2
11

pi
Figure 22 shows —-& as a function of M and «_ for the wing-leading-edge,
11
camera-fairing, and fuselage side-fairing shock waves. As shown, the strength of
these shock waves increases with increasing M_ and «_ . Ata constant «_, the

shock-wave strength appears to increase almost linearly with increasing M_.

The wing-leading-edge shock wave is very weak when it crosses the spike tip at
about M_ =3, as shown in figure 20(a). However, when the wing shock impinges on
the pylon at M_ =6.5 and «_ =8.4° (figs. 22(a) and 12(d)), the impact-pressure ratio
is much higher.

The strength of the camera-fairing shock wave, shown in figure 22(b), also
increases with increasing M and «_,. The increase in shock-wave strength with

Mach number is somewhat less than for the wing shock wave,

13



The side-fairing shock wave was detected only at Mach numbers of 6.2 and greater.
In figure 22(c) the increase in shock-wave strength with Mach number for the side-
fairing shock wave is greater than for the wing or camera-fairing shock waves.

On the basis of the shock-wave strength determined in figure 22 and the shock-wave
locations shown in figure 19, it is possible to determine the flight conditions which
minimize or eliminate shock-wave impingement on the inlet of the hypersonic research
engine (HRE). Since the camera fairing would be removed for HRE testing, the camera-
fairing shock wave need not be considered.

Figure 23 is a composite of figures 19 and 22, showing the strength and location of
the wing and side-fairing shock waves on a plot of M_ versus «, . A shock-free

corridor exists above the wing shock-wave-impingement region and below the side-
fairing shock-wave-impingement region. For Mach numbers below the corridor at the
lower angles of attack, the wing shock wave is weak and probably would not affect the
HRE inlet. The side-fairing shock wave is stronger than that of the wing and should be
avoided. For angles of attack up to 5°, it appears that the HRE could be tested without
significant shock-wave impingement over the desired Mach number range from 3. 0 to
8.0.

Local flow angularity.~ Local flow angles at the ramjet spike tip and 40° center
cone are plotted against free-stream angle of attack for several test Mach numbers in
figure 24. An increase in airplane angle of attack of about 4° increases the local angle
of attack 1° at the lower Mach numbers. At a given free-stream angle of attack, the
local angle of attack decreases with increasing Mach number. Local angles of attack
are positive for zero free-stream angle of attack, but the curves suggest that at M_

greater than about 6.0, local angle of attack would become negative at A, =0°,

For a nominal 5° free-stream angle of attack, the local angle of attack was 3°, 2°,
and 1 1/2° at M_ =3.0, 4.5, and 6.0, respectively, This result suggests that the

HRE should be canted down approximately 2° from the X-15 fuselage centerline to
minimize the range of local angle of attack over which the inlet must operate.

Limited flow-angle data were obtained at the lower 40°-cone probe in flight E,
When compared with the local angle of attack obtained at the center cone, the two sets
of data were nearly equal at M_ = 4.0, but the lower cone values were about 1° higher
at M_ = 6.0,

o0

Flight-determined local angles of attack at the ramjet spike tip are compared with
local angles of attack from theoretical calculations and wind-tunnel tests at M_=4.0

and 6. 0 in figures 25(a) and 25(b), respectively. The theoretical data (ref. 5) were ob-
tained for the flow under an ogive cylinder, neglecting protuberances such as wings,

side fairings, and canopy. Disagreement between theoretical and flight data increases
with increasing angle of attack for the two Mach numbers. It is believed that the wing and
side fairing, which would tend to reduce flow angles, cause the disagreement. Wind-
tunnel flow-angle data (ref. 2) show good agreement in level and trend with the flight data
at M, =4.0. At M_ = 6.0, the agreement is only slightly less favorable. Comparison

of the local angle of attack obtained in flight with that obtained from the wind-tunnel
schlieren photographs yielded good agreement at both Mach numbers. This latter tech~
nique is easy to apply and, from the results, appears to be useful for flow-field studie$.
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Local angles of sideslip at the ramjet spike tip were obtained along with the local-
angle-of-attack data. The angles of sideslip were within +1° for all test conditions.
The flow off the vertical plane of symmetry was not surveyed in flight; however, the
data of references 2 and 3 show definite sideslip flow angles at these locations,

Local Mach number.— Local Mach number obtained from the 20° cone on flights C
and D and the 40°-cone probes on flight E is plotted against free-stream Mach number
in figures 26(a) and 26(b). Free-stream angle of attack and a reference line MZ =M

o0

are also shown. Sketches of the relative position of the camera-fairing shock wave and
appropriate spike-tip configuration appear where the shock wave influences the data.
All data show that M; was smaller than M_.

With the 20° nose cone (fig. 26(a)) the approaching shock wave begins to reduce the
rate of increase of M; at about M_ =3.3, as indicated by the slight slope decrease.
The slope remains constant until M_ = 4.7, where the shock crosses the spike tip, and
the local Mach number then increases rapidly by about 0.3. The angle of attack
remained at approximately 0.5° during shock passage.

In figure 26(b) similar results are noted for the camera-fairing shock interacting
with the two 40°-cone probes. For M_, below about 3.2 to 3.3, the shock wave lies
below both cones, and the local Mach numbers are reasonably close. When the shock
wave crosses the lower cone, M; increases markedly, whereas M; for the upper

cone is not affected. Increasing M _  from about 3.4 to 4. 6 steadily increases M,

for both cones. The increment in M; between the two cones remains constant at
about 0.25 to 0. 30 until, at about M_ = 4.6, the shock crosses the upper cone. From

M_ =4.6to 5.0, both cones lie under the shock wave, and the local Mach numbers once
again agree closely. The small slope changes in M; for the cones are associated with

the small angle-of-attack changes.

The local Mach numbers at the ramjet spike tip from figures 26(a) and 26(b) are -
compared with corresponding data from wind-tunnel tests (ref. 2) and theoretical
calculations (ref. 5) for comparable angles of attack in figure 27, At MDo =4,0, MZ

from the 40°-lower-cone probe shows good agreement with wind-tunnel data and
theoretical values. As shown in figure 26(b), the camera-fairing shock wave lies
between the cone probes at this Mach number. Consequently, the center cone or 20°
nose cone shows a lower M; than either theoretical or wind-tunnel data. At M_ = 6.0

and a ~ 4°to 6°, M; from both flight sources again shows good agreement with

wind-tunnel data and theoretical values. The data of figure 23 indicate that the ramjet-
spike tip was free from any incident shocks for these flight conditions.

The comparisons in figure 27 show that flight measurements of M; for Moo =3.0

to about M_ = 6.5 agree well with wind-tunnel data and reasonably well with theory,

provided the camera-fairing shock wave lies behind the front portion of the spike.

Good agreement would likely be obtained for all flight conditions if the camera fairing
were removed. It appears that the theory of reference 5 is useful for predicting local
Mach number although it does not account for such factors as the wings or side fairings
of the X-15,
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Performance estimates for hypersonic propulsion systems installed under vehicle
fuselages or wings are often made by assuming a favorable interference compression
field from these components (refs. 26 and 27). A measure of the favorable interference
is the reduction in local Mach number from the free-stream value. For ease in cal-
culation, it is assumed that the bottom of the vehicle fuselage or wing is a flat surface
inclined to the free-stream flow vector at the airplane angle of attack. Oblique-shock
theory (ref. 28) is then used to calculate the local Mach number or other parameters
of interest.

Figure 28 is a plot of M; at the ramjet spike tip versus M _  for angles of attack
0°, 5°, and 10°. The dashed lines show Ml obtained from oblique-shock-wave theory.

The solid lines show M; at the spike tip based on the present test data, assuming that

the camera fairing were removed. Wind-tunnel measurements were used to extend the
test data. The local Mach number for the spike tip increases uniformly with M_ for

all angles of attack but indicates less compression than would be obtained for a two-
dimensional flow field for @ =5° and 10°. Slight compression is noted at «_ = 0°,

At o =5°, M; 1is 2.85, 4.2, and 5.5 for M, =3.0, 4.5, and 6. 0, respectively.

Ramjet surface pressures.— Surface pressures measured on the right side of the
dummy ramjet at the six locations shown in figure 4 are presented in figure 29. Data
were obtained at angles of attack from 0° to 10° and at B ~0°. The data show

little sensitivity to Mach number and angle of attack. Modified Newtonian theory was
used to predict the surface pressures; the theoretical values were slightly lower than
those measured in flight.

CONCLUSIONS

A flight survey of the local flow field around a pylon-mounted dummy ramjet engine
on the X-15-2 airplane for Mach numbers from 2.0 to 6. 7 yielded the following con-
clusions:

1. The wing, lower-fuselage camera fairing, and fuselage side fairing of the
airplane generated shock waves which impinged on the dummy ramjet and pylon.
However, a region free of significant shock-wave impingement on the ramjet inlet
existed for flight at a free-stream angle of attack of 5° or less for free-stream Mach
numbers from 3.0 to 8. 0.

2. The local Mach number at the ramjet spike tip was always less than the free-
stream Mach number and, at a constant Mach number, decreased with increasing
free-stream angle of attack. For a nominal 5° angle of attack, the local Mach numbers
were 2,85, 4.2, and 5. 5 for free-stream Mach numbers of 3.0, 4.5, and 6. 0,
respectively.

3. Local angle of attack increased about 1° for a 4° increase in free-stream angle
of attack over the Mach number range from 3.0 to 4.6. For a given free-stream angle
of attack, increasing the free-stream Mach number decreased the local angle of attack.
At a free-stream angle of attack of 5°, local angles of attack were 3°, 2°, and 1 1/2° at
free-stream Mach numbers of 3.0, 4.5, and 6.0, respectively.
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4, Impact pressures in the ramjet region became increasingly sensitive to angle
of attack as Mach number increased. At a free-stream Mach number of 6.5, a 1°
increase in free-stream angle of attack resulted in a 10-percent increase in impact
pressure.

5. In flight regions free of shock-wave impingement, impact pressure, local
Mach number, and angle of attack generally showed good agreement with wind-tunnel
data. Shock-wave locations determined from impact-pressure data and wind-tunnel
schlieren photographs also showed good agreement.

6. Strong shock waves generated by the ramjet spike at high Mach numbers
impinged on the pylon, resulting in high impact pressures.

7. Strong flow-interference effects occurred at the pylon-fuselage intersection.
The separated-flow region and the resulting separation shock wave ahead of the pylon
remained within 10 inches (25.4 centimeters) of the fuselage surface for all flight
conditions. The extent of separated flow was sensitive to angle of attack and extremely
sensitive to small deviations from 0° in angle of sideslip.

HRight Research Center
National Aeronautics and Space Administration
Edwards, Calif., October 9, 1969
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Figure 2.— Three-view drawing of the X-15-2 with the dummy ramjet installed.

All dimensions in inches (centimeters).
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(a) Before modification, with lower ventral fin installed.
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(b) After modification, with the dummy ramjet installed.

Figure 3.— Test configurations for local-flow-field tests.
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(a) Dummy ramjet with the 20° nose cone.

1

=
—
;‘ﬂ"
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-

(b) Dummy ramjet with the 40°~-cone probe rake
and ablative coating,

Figure 5. — Photographs of the dummy ramjet and pylon showing the
two nose configurations tested.
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Figure 6.— Photograph and cross-sectional drawing of the E-19092

camera fairing on the X-15-2 lower fuselage, All
dimensions in inches (centimeters).
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Fuselage-surface static-

pressure orifice 0.25 452
0.635) inner diameter Slg Fuselage
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1.'0 (2.54)
T = 27|
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Figure 8.— Pylon-leading-edge impact-pressure probes. All
dimensions in inches (centimeters) except as noted.
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Bow

Side fairing

Wing-leading-edge shock waves

Wing-leading-edge shock waves

(b) M, =6.7; &_=8°,

Figure 10.— Wind-tunnel schlieren photographs of the X-15-2
with the dummy ramjet installed.
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10 — Data fairing
Open symbols - flight data
81 Flagged symbols - ablative
6 coating present
Uoo, Lowest pylon Solid symbols - schlieren
deg 4T Ramiet { probe photograph data
2 |- spike tip - Ventral
P P a probe
’ S
-2 | \. | I I J
3 4 5 6 7 8
MOO
NRe
(a) Wing-leading-edge shock-wave impingement, Flight [Wind tunnel
Maximum | 50 x 108] 12.5 x 109
8 Minimum | 20 x100] 2.7 x 106
6 Lower 40° /Ventral probe
deg 7
2
0 Ramjet spike tip
-2 ! ! | [ | J
2 3 4 5 6 7 8
Mo For probe locations, see figure 11
(b) Camera-fairing shock-wave impingement.
16 -
14L  Lower 40°
cone
er Ramjet spike ti
amjet spike tip
aOOr |
= 10 /
8+
6 -
4 | l 1 1 l |
2 3 4 5 6 7 8

(c) Fuselage side-fairing shock-wave impingement.

Figure 19.— Effect of M_ and @, on shock-wave impingement in the ramjet region,
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1.32

—— Faired flight
data

1.24 - Wing shock on 7 ——-Interpolated
pylon 6 flight data
pi2 /5

— 116F /

0y, deg
8

pi1 Wing shock on P
ramjet P
1,08 - .
/ o7
1.00 /%/13 ! | 1 |
2 3 4 5 6 7 8

1.24 - Ooo, d€g
— 25
4 2
y, L16F / 1
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1.00 ] ] I | I |
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(b) Camera-fairing shock wave.

1.24 F 0., deg
8
1.16}- 7
piz /6
Pl 1osk S
1.00 I 1 | | | |
2 3 4 5 6 1 8
Moo

(c) Fuselage side-fairing shock wave.
Figure 22.— Effect of M_ and «_ on the strength of the impinging shock waves on the ramjet and pylon,
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